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INTRODUCTION 

Subject relevance of the Thesis  

Over the past 20 years, the pace of space exploration has slowed significantly compared to 

the period between the fifties and the nineties of the twentieth century. There are two main 

reasons that can be distinguished for this process. 

 Exhaustion of the need for qualitative development of space research of near-Earth 

space, since the next step should be the technological development of near-Earth 

space. But there are no technologies whose development on the Earth orbit would be 

economically justified today due to the high cost of existing methods of launching into 

orbit a spacecraft with technological materials and equipment. 

 Inability at present to initiate any qualitative development of interplanetary research 

and development missions due to the extremely low ratio of the mass of the mission 

payload to the mass of the mission spacecraft equipped with traditional chemical 

engines. This low ratio is a consequence of the small specific impulse of traditional 

chemical engines, which have an appropriate thrust to deliver the necessary payload to 

the Earth orbit. But low specific impulse is the reason for long-term missions and very 

small payload reaching the celestial bodies of the Solar system. 

A solution to the problem of increasing a specific impulse has existed since the 60s of the 

twentieth century. This is the reason for a widespread implementation of electric rocket 

thrusters, i.e., Electric Propulsion Thrusters (EPTs), the most promising models of which 

today have a specific impulse that is more than 20 times higher than that of modern chemical 

rocket thrusters. 

The implementation of EPTs creates an opportunity for a new space exploration era, i.e., 

the widespread development of the Moon, Terrestrial Planets (Mars, Venus, Mercury) and the 

Solar system as a whole for the benefit of all mankind. 

In addition, socially useful space products with significant functional capabilities and a 

corresponding market demand in the long term of 20‒30 years can only be provided by 

sufficiently large and heavy satellites that need powerful and lightweight power plants, that is, 

powerful EPTs. 

Therefore, the priority in this area, corresponding to the demands of the space market, is 

the creation of a sufficiently powerful, reliable and durable EPT. 

The main problem limiting the mass implementation and use of EPTs is the limitation of 

their power due to thermal destruction of the thruster structure. Therefore, the most effective 

solution, which will significantly increase the EPT thrust without thermal destruction, in the 

near future is the creation and implementation of an effective cooling system for thruster 

structural elements. 

This determines the relevance of this research. 
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Research object ‒ a promising high-powered electric propulsion (rocket) thruster (EPT). 

Research subject – cooling systems of an electric rocket thruster structure. 

The aim of the given research ‒ development of theoretical, methodological and 

experimental approaches to the EPT lifespan and efficiency extension by improving its 

cooling system. 

Research methods ‒ formalization, generalization, physical and mathematical modeling, 

experiment, comparison, as well as methods of the theory of algorithms and applied 

programming. 

Scientific novelty 

1. Multivariate physical and mathematical model of the EPT cooling system. 

2. Step-by-step methodological manual and algorithm for calculating the EPT cooling 

system parameters. 

3. A software package allowing calculation of EPT cooling system parameters with 

varying initial data and boundary conditions. 

Results of research  

1. The analysis of modern electric propulsion (rocket) thrusters (EPTs) and their 

promising developments, their advantages and disadvantages in relation to rocket 

thrusters using the energy of expansion of gases, which are the products of combustion 

of rocket fuel. The main operational requirement of a promising spacecraft is the 

creation of a sufficiently powerful EPT, however, today no such thruster exists. The 

most powerful models of mass-produced EPT have a thrust in the range of 0.05‒

0.10 N. The main problem on the way of their wide development and implementation 

is the problem of thermal destruction of the structures of a powerful EPT. 

2. Based on an analysis of theoretical mechanisms of energy conversion in Electric 

Propulsion Thrusters, a methodological manual has been developed for assessing the 

processes of destruction of the EPT structures. 

3. A multivariate physical and mathematical model of the EPT cooling system was 

developed based on the heat balance equation and EPT structural diagram, which 

includes three elements: a heat-receiving subsystem, a heat transfer subsystem, and a 

heat dissipation subsystem. When developing the mathematical model, the method of 

step-by-step problem solving was used. 

4. On the basis of the physical and mathematical model, a step-by-step methodological 

manual and algorithm for calculating the EPT cooling system parameters have been 

developed. 
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5. An experimental Electric Propulsion Thruster with a cooling system developed by the 

author was manufactured and tested on a specially designed experimental facility and 

test bench. 

6. A series of experiments was performed with a Magneto Plasma Dynamic Ion-Plasma 

Thruster with its own magnetic field without a cooling system (MPDO) and with a 

cooling system developed by the author. 

7. Based on the analysis of the experiment results, the author provided an evidence that 

the cause of overheating and destruction of the thruster anode is electronic 

bombardment of the anode. 

8. The correctness of the obtained experimental results was assessed by the author both 

on the basis of verification ‒ a comparison of the results obtained at several objects, 

and a comparison of the results obtained by calculation and experiment. 

Practical significance 

 A software package which allows making calculations of the EPT cooling system 

parameters with varying initial data and boundary conditions. 

 Practical recommendations that can be applied to design electric propulsion thrusters 

with cooling systems. 

The provisions that are suggested for defense 

1. The physical and mathematical model of the EPT cooling system. 

2. The methodological manual and algorithm for calculating parameters of EPT cooling 

systems. 

3. The hypothesis of the processes development of overheating and destruction of the 

EPT electrode system. 

4. Software package, which allows for making calculations of EPT cooling systems 

parameters with varying initial data and boundary conditions. 

Approbation 

This Thesis and the development of the MPDE EPT were commissioned by Cryogenic 

and vacuum systems Ltd. as part of the creation of a promising budget vehicle for 

transportation between lunar objects within the framework of international project “Moon 

Village” developed under the auspices of the ESA. 

Participation in international scientific conferences  

1. Space Industry Day 2019, Latvia, Riga, 20 March 2019, report: “Electric Propulsion 

Thrusters Testing Approach”, authors: S. Kravchenko, N. Panova.    
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2. 22nd International Scientific Conference TRANSPORT MEANS 2018, Lithuania, 

Trakai, 3‒5 October 2018, report: “Evaluating the Efficiency of Spacecraft Electric 

Thruster”, authors: S. Kravchenko, A. Urbah. 

3. Space Tech Expo Europe 2017, Technology Forum, Germany, Bremen, 24‒26 

October 2017, report: “Electric Thrusters Thermal Vacuum Testing”, author: S. 

Kravchenko.  

4. Riga Technical University 58
th

 International Scientific Conference, Latvia, Riga, 12–

18 October 2017, report: “Development of Cooling System of Ion-Plasma Engines”, 

authors: S. Kravchenko, A. Urbah. 

5. European Planetary Science Congress 2017, Latvia, Riga, 17‒22 September 2017, 

report: “Small interplanetary spacecraft and their electric propulsion systems testing 

approach”, author: S. Kravchenko. 

6. 5th International Scientific Conference of Ventspils International Radio Astronomy 

Centre, Latvia, Ventspils, 23‒24 August 2017, report: “METAMORPHOSIS – the 

space testing facility from Ventspils”, authors: S. Kravchenko, N. Panova, M. Cēbere. 

 

Unfortunately, a lot of scientific conferences from the end of 2019 were cancelled or 

postponed due to COVID-19 (e.g., European Conference on Spacecraft Structures, Materials 

and Environmental Testing ECSSMET2020). 

Publications 

1. Kravchenko, S., Kuleshov, N., Shestakov, V. Approach to mathematical modeling of 

the thermal stress of ion-plasma thrusters. Article accepted by the Editorial Board of 

Transport and Aerospace Engineering in May 2020. 

2. Kravchenko, S., Kuleshov, N., Shestakov, V. Ion-Plasma Thrusters Thermal Balance 

Estimation. Journal of Multidisciplinary Engineering Science and Technology 

(JMEST), 2020, vol. 7, no. 4, pp. 11666‒11674. e-ISSN 2458-9403. 

3. Kravchenko, S., Urbahs, A. Evaluating the Efficiency of Spacecraft Electric Thruster 

Operation. In: Transport Means 2018: Proceedings of the 22th International Scientific 

Conference, Lithuania, Trakai, 3‒5 October 2018. Kaunas: Kaunas University of 

Technology, 2018, pp. 983‒986. ISSN 1822-296X. e-ISSN 2351-7034. 

4. Urbahs, A., Kravchenko, S. Development of Cooling Systems of Ion-Plasma Engines. 

In: Riga Technical University 58th International Scientific Conference: Programme, 

Latvia, Riga, 12‒18 October 2017. Riga: RTU, 2017, pp.184-184. ISBN 978-9934-22-

001-2. 

5. Kravchenko, S., Panova, N., Cēbere, M. METAMORPHOSIS – the Space Testing 

Facility from Ventspils. In: Space Research Review, vol. 5, Latvia, Ventspils, 23‒24 

August 2017. Ventspils: Ventspils University of Applied Sciences, 2018, pp. 98–105 

ISBN 978-9984-648-89-7. 

 

 



9 

6. Urbahs, A., Visockiene, Y., Liu, Y., Carjova, K., Kravchenko, S. Human-In-The-Loop 

Remote Piloted Aerial Systems in the Environmental Monitoring. Transport and 

Aerospace Engineering, 2016, vol. 3, iss. 1, pp. 91‒100. ISSN 2255-968X. e-ISSN 

2255-9876. DOI:10.1515/tae-2016-0011. 

7. Kravchenko, S., Nesterov, S., Romanko, V., Testoedov, N., Khalimanovich, V., 

Khristich, V. Approaches to Creation of Complex Systems for Trying-out and Testing 

of Spacecrafts. In: Herald of the Bauman Moscow State Technical University, Series 

“Mechanical Engineering”, Special publication no. 1 “Refrigeration and Cryogenic 

Technology, Systems of Air Conditioning and Life Support”, 2013, pp. 149‒175, 

UDK 621.528.1 ISSN 0236-3941, republished in: Engineering Journal: Science and 

Innovations, 2013, Issue #1(13)/2013, ISSN 2308-6033. DOI: 10.18698/2308-6033-

2013-1-598. 

8. Kravchenko, S., Nesterov, S., Testoedov, N., Khalimanovich, V., Khristich, V. 

Calculation and Design of Space Simulating Facilities Cryogenic Shrouds. Moscow: 

Novella, 2013. 89 p. ISBN 978-5-904463-37-3. 

9. Kravchenko, S. V., Nesterov, S. B., Michalkin, V. M., Testoedov, N. A., 

Khalimanovich, V. I., Khristich, V. V., Sharov, A. K. Preparation of Initial Data to 

Calculate and Design Cryogenic Systems for Thermal Vacuum Spacecraft Testing. In: 

Vacuum Equipment, Materials and Technology: Proceedings of the VIII International 

Conference Proceedings, Moscow, Sokolniki Culture & Exhibition Centre, 2013, 

April 16–18 / Ed. Professor Dr. habil. sc. ing.  Nesterov S. B., Russia, Moscow, 16‒18 

April 2013. Moscow: Novella, 2013, pp. 288‒295. ISBN 978-5-904463-36-6. 

10. Kravchenko, S. V., Nesterov, S. B., Michalkin, V. M., Testoedov, N. A., 

Khalimanovich, V. I., Khristich, V. V., Sharov, A. K. Creation of Comprehensive 

Systems for Thermal Vacuum Testing of Space Equipment. In: Vacuum Equipment, 

Materials and Technology: Proceedings of the VIII International Conference, 

Moscow, Sokolniki Culture & Exhibition Centre, 2013, April 16–18 / Ed. Professor 

Dr. habil. sc. ing.  Nesterov S. B., Russia, Moscow, 16-18 April, 2013. Moscow: 

Novella, 2013, pp. 275‒287. ISBN 978-5-904463-36-6. 

11. Kravchenko, S. V., Nesterov, S. B., Romanko, V. А., Тestoedov, N. А., 

Halimanovich, V. I., Hristich, V. V. Approaches of the spacecraft testing facilities 

development. Moscow: Novella publishing, 2012. ISBN 978-5-904463-30-4, 32 p. 

The structure of the Thesis 

The Doctoral Thesis consists of an introduction, seven chapter summary and conclusions. 

It comprises 134 pages, including 4 tables and 42 figures, 72 literature references, and 

2 appendices. 
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1. ANALYSIS OF ELECTRIC ROCKET THRUSTERS  

(EPT) CURRENT DEVELOPMENT STATE, THEIR 

ADVANTAGES AND DISADVANTAGES 

The definition of Electric Propulsion given by the European Space Agency is as follows: 

Electric Propulsion (EP) is a class of space propulsion that makes use of electrical power to 

accelerate a propellant by different possible electrical and/or magnetic means [3]. 

The advantages of EPTs: 

 the lifespan (resource) is hundreds of times greater than that of chemical rocket 

engines. E.g., NASA confirms the continuous operation time of the EPT NEXT ion 

propulsion system for a failure of more than 51 000 hours, and the Deep Space 1 

spacecraft overcame more than 262 million km with the NSTAR EPT, and its 

velocity increase due to the operation of the electric propulsion system was more 

than 10 km/s [5]; 

 the specific impulse of modern EPTs is ten times greater than the specific impulse of 

chemical engines [6]; 

 the separation in the EPT of a source of energy and a working fluid overcomes the 

limitation inherent in chemical engines ‒ the need in great amount of oxidizer and 

propellant. 

Electric propulsion thrusters are extremely flexible systems operational processes in 

which are very sensitive even to a small change in parameters. In EPTs of various types, 

depending on the specific task, different mechanisms of the working fluid acceleration can be 

combined in different ways.  

Today, there is a wide variety of EPTs, as they are developed based on various scientific 

and technical principles, the main ones of which are the following. 

 The principle of electrodynamic plasma acceleration, proposed and experimentally 

justified in 1956–1957 by academician Lev A. Artsimovich and his associates, which 

laid the foundation for accelerators of various classes ‒ pulsed EPTs on gaseous and 

solid working fluids, stationary high-current Magneto Plasma Dynamic EPTs. 

 The principle of ion acceleration in a magnetized plasma with azimuthal electron drift. 

This principle is applied in thrusters with an anode layer and in Hall-effect thrusters. 

 The principle of a plasma-ion thruster proposed by Professor Harold R. Kaufman 

(USA). In this thruster, ions are also accelerated by a longitudinal electric field, 

however, unlike the thruster with an anode layer, they are preliminarily pulled from a 

plasma discharge with electrons oscillating in a longitudinal magnetic field. Plasma-

ion thruster has a high efficiency and lifespan, but loses to the thruster with the anode 

layer in versatility and range of performance variation. 

 The principle of electrodynamic acceleration of mass, proposed in 1975‒1977 by 

professor Gerard K. O’Neill (USA) in a Mass Driver demonstrator. Such thrusters also 

use energy transmitted to the spacecraft in the form of a well-focused microwave 

beam from the Earth or spacecraft. 
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EPTs developed on basis of these principles are enormously diverse and the EPT 

classification has not been established to date. Several works written on the subject present 

different systems, which are utilized to classify the EPTs based on their features. 

Among the classification systems that most fully reflect the current European level and 

state in the field of research and development of EPT is the ESA classification proposed by 

the “Electric Propulsion Innovation & Competitiveness” (EPIC).  

This classification is based on the division according to the principle of action and the 

main elements of the thruster structure. Within the framework of EPIC, the following EPT 

classification is proposed [10], which includes 11 main classes of thrusters: 

1. Gridded Ion Engines (GIE); 

2. Hall Effect Thrusters (HET); 

3. High Efficiency Multistage Plasma Thrusters (HEMPT); 

4. Pulsed Plasma Thrusters (PPT); 

5. Magneto Plasma Dynamic Thrusters (MPDT or MPD); 

6. Quad Confinement Thrusters (QCT); 

7. Resistojet; 

8. Arcjet; 

9. Field Emission Electric Propulsion Thrusters (FEEP); 

10. Colloid and Electrospray Thrusters (CET); 

11. Electrode-less Thrusters (ELT). 

However, this classification can be considered too cumbersome. Therefore, based on the 

analysis, author proposed to classify the electric propulsion by the prevailing particle 

acceleration mechanism. Then the electric propulsion, in which the operational processes 

differ in principle, can be divided into 3 classes and presented in the form of a diagram 

(Fig. 1.1). 

 

Fig. 1.1. Proposed EPT classification. 

The three classes are as follows: 

 Electrothermal thrusters; 

 Electrostatic thrusters; 

 Electromagnetic (Magneto Dynamic) thrusters. 
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In accordance with the proposed diagram, all thrusters which use thermodynamic 

principles of working fluid internal energy increasing for particle acceleration can be 

considered as electrothermal thrusters. All types of this class use neutral plasma for 

acceleration. In turn, electrothermal thrusters are classified by the type of gas discharge: 

electric arc, resistive jet and induction thrusters. They constitute the first class of EPTs in 

accordance with the proposed classification. Among them are EPIC Pulsed Plasma Thrusters 

(PPT), Resistojet, Arcjet.  

To the second class belong the Electrostatic thrusters. Electrostatic thrusters include ionic 

(including colloidal) thrusters, in which particles acceleration is used due to Coulomb force 

action. Electrostatic thrusters can be divided according to the features of organization of the 

ionization and acceleration zones for electrostatic thrusters with an extended ionization and 

acceleration zone and for thrusters with a narrow ionization and acceleration zone.  

Thrusters with a narrow ionization and acceleration zone are also divided into single-stage 

or multi-stage thrusters by the number of zones or stages of ionization and acceleration. Such 

class includes Gridded Ion Engines (GIE), Field Emission Electric Propulsion Thrusters 

(FEEP), Colloid and Electrospray Thrusters (CET). 

The EPTs of the third class ‒ Electromagnetic (Magneto Dynamic) thrusters, use Lorentz 

force for particle acceleration. In some thruster types of this class Lorentz force is combined 

with Coulomb force as an additional mechanism of particles acceleration. This class includes 

Hall-Effect Thrusters (HET), High Efficiency Multistage Plasma Thrusters (HEMPT), 

Magneto Plasma Dynamic Thrusters (MPDT), Quad Confinement Thrusters (QCT) and 

Electrode-less Thrusters (ELT) according to EPIC classification. 

The basic characteristics of EPT, as well as rocket thrusters of other types [3]‒[7] 

Thrust, commonly referred to as T, is the reaction force of “dropping” the working fluid 

from the jet nozzle, Fwb. In general, the thrust force of the thruster is formed by summing up 

two components, the reactive force Tm resulting from a change in the momentum of the working 

fluid jet and pressure Tp of the gas jet, i.e., the pressure of the working fluid exhaust jet: 

T = Tm +Tp. (1.1) 

The value of the second term is significant for thrusters that accelerate the launch vehicle 

in the atmosphere, that is, operate in the high-pressure region, the task of which is to “lift” the 

weight of the carrier “on the jet stream” of the working fluid, as well as for other atmospheric 

jet engines, for example, for some jet engines of aircrafts. 

Therefore, for EPT, the traction force created due to the pressure of the working fluid may 

not be taken into account, since due to the low mass flow rate of the working fluid and its low 

pressure it is several orders of magnitude lower than the reaction force of “exhaust jet” of the 

working fluid. 

Equivalent velocity that is equal to the ratio of the thrust of the rocket thruster to the mass 

flow of the working fluid is determined by the expression in [3]: 

eq

T
v

G
  or  eq ex ex atm .

S
v v P P

G
     (1.2) 
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For thrusters with a small flow rate and pressure of the working fluid the value of the 

second term in (1.2) is negligible, compared to the value of the first one. 

Therefore, with high accuracy for the EPT, it can be assumed that |veq| = |vex|. Then the 

expression for EPT thrust is as follows:  

T = vexG. (1.3) 

Total impulse I, imparted by the thruster to the spacecraft, is as in [3]: 

I = mveq or  ex ex atm .
mS

I mv P P
G

     (1.4) 

The efficiency of rocket thrusters is evaluated using specific thrust and specific impulse 

indicators [3], [7]. 

Specific impulse Isp is the amount of the momentum that is created by a rocket thruster per 

unit weight of the working fluid: 

sp ,
I

I
mg

  (1.5) 

where g is the acceleration of gravity at sea level: 9.80665 m/s
2
. 

Specific thrust Tsp is the ratio of the thrust to the weight of flow rate of the working fluid:  

sp .
T

T
Gg

  (1.6) 

Specific velocity ∆V is a measure of the momentum per unit of spacecraft mass that is 

needed to perform a maneuver or a measure of value equal to the increment of spacecraft 

velocity achieved because of the thruster operation during the maneuver. 

From all the above mentioned an important practical conclusion is as follows: for 

satellites, performing a mission in orbit (which are the payload of launch systems) it is not 

the fuel reserve that is more important but the velocity of the expiration of the working 

fluid vex (or specific impulse Isp) of their power plant.  

For launch vehicles the fuel reserve is of higher importance. 

This conclusion is important for understanding the practical need to increase the exhaust 

velocity of the working fluid (specific impulse) in a spacecraft with EPT. 

EPT structural breakdown mechanisms 

Fundamentally, any EPT, as a complex system, can be represented in the form of three 

subsystems: 

 a subsystem for creating a working fluid (gasification and/or ionization); 

 a subsystem for accelerating the working fluid (an expanding nozzle for plasmatron 

thrusters or ion-plasma accelerators for ion-plasma thrusters); 

 a subsystem for supporting the process of plasma formation and acceleration, which 

includes various types of thrusters, for example, plasma cathodes, power supplies for 

the discharge electrode system, accelerator system, magnetic system, devices for 
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regulating and stabilizing the pressure of the working fluid, its storage and 

transportation, other auxiliary units and instruments. 

The destruction of any of these three subsystems leads to fatal thruster failure. The 

analysis indicates three main mechanisms of the destruction of high power EPT structures: 

 thermomechanical failure due to overheating and further loss of strength, stiffness and 

buckling stability of the thruster mechanical structures; 

 electro erosive destruction due to the occurrence of a parasitic arc micro discharge in 

the evaporation zone of thruster structural elements when the vapor pressure reaches 

the discharge ignition value in accordance with the Paschen’s law; 

 electro erosive destruction of structures under the influence of a stream of non-neutral 

plasma of the working fluid of the thruster. 

The cause of the first two destruction mechanisms is overheating of the thruster structures. 

The reason for the action of the third mechanism is the knocking out of atoms of the surface 

layer of elements of the electrode system as a result of bombardment by plasma ions, 

ionization and capture of knocked out atoms by the plasma flow and their removal beyond the 

discharge gap. The action of the third destruction mechanism is characteristic of ion-plasma 

thrusters in the acceleration zone of which the plasma is not in a quasi-neutral state. 

The energy that feeds the described destruction mechanisms is the energy losses in an 

electric rocket thruster. 

The advantages of Electric Propulsion Thrusters over chemical rocket engines 

include: 

 EPT resource can be hundreds of times greater than the resource of chemical rocket 

engines; 

 the specific impulse of modern EPT is tens of times greater than the specific impulse 

of chemical engines; 

 separation of the energy source and the working fluid in the EPT allows overcoming 

the restriction inherent in chemical engines ‒ a relatively low flow rate and the need in 

great amount of oxidizer and propellant. 

The main operational requirement of a promising spacecraft is the creation of a 

sufficiently powerful EPT, but so far there is no such thruster ‒ the most powerful 

commercially available EPT models have a thrust in the range of 0.05‒0.10 N, and 

experimental thrusters with a specific impulse of the order of 10
5
 s have a thrust in the range 

of millinewtons. The world experience in creating experimental high-power EPTs shows that 

there are two main problems in their wide development and implementation: 

1) the problem of creating an onboard electric power source for a high-power spacecraft; 

this issue is beyond the scope of this research; 

2) the destruction of powerful EPT structures. 

The problem of EPT power limitation due to thermal destruction can be solved using an 

efficient cooling system of thruster structural elements, including modern high-temperature 

superconducting magnets that can be used to form the magnetic field necessary for an EPT to 

operate. The proposed research is dedicated to the solution of this problem. For that, it is 

necessary first of all to analyze the features of mechanisms of energy conversion in EPT. 
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2. ENERGY CONVERSION MECHANISMS  

IN EPT ANALYSES 

An electric propulsion thruster is a converter of electrical energy into kinetic energy of a 

plasma stream. In plasmatron (electro thermal) thrusters, as well as in classic chemical rocket 

engines, it is expressed as mechanically directed movement of a jet stream heated either by a 

current passing or by an arc discharge (as an exothermic chemical reaction) to the state of a 

low-temperature plasma of the working fluid. The plasma in such EPTs is neutral and consists 

of randomly moving (thermal motion) constantly recombining and dissociating ions, 

essentially being a plasma only until a sufficient amount of energy is scattered so that the 

temperature of the recombined pair of ions is lower than the ionization energy and the 

working fluid goes back into a molecular state.  

In electrostatic and electromagnetic thrusters, the kinetic energy of the plasma stream is 

the sum of the kinetic energies of the ions of the working fluid, accelerated by exposure to 

electric and magnetic fields. The mass of positive and negative ions of the working fluid 

differs by at least three orders of magnitude, that is why usually the positive ions of the 

working fluid need to be accelerated, to do this they need be pre-ionized. 

It should be noted that the use of the mechanism of acceleration of positive ions leads to 

the separation of quasi neutral plasma ‒ positive ions mainly flow out of the thruster, and the 

movement of plasma electrons ends with their capture by a shielding electrode or a magnetic 

trap field. Thus, when the thruster is operating, an ever-increasing electric charge arises, and, 

consequently, the potential of the thruster and the spacecraft constantly increases (the EPT 

action resembles a Van de Graaff generator). This, in addition to the danger of destruction of 

electrical systems due to the effects of a spark discharge, leads to the appearance of Coulomb 

forces acting on the spacecraft and changing its orbit, as well as attracting neutral space 

objects to it (for example, micrometeorites or space debris).  

Processes in electrothermal thrusters are fairly simple – they are quite similar to processes 

in chemical thrusters, including the processes of overheating and thermal destruction. For this 

reason, the approach for cooling systems calculation, design and development, proposed in 

the Thesis is easily applicable to electrothermal thrusters. That is why in this Thesis the will 

not focus only on electrothermal thrusters only, but pay attention also to electrostatic and 

electromagnetic thrusters. 

To understand the nature of the energy conversion loss in the electrostatic and 

electromagnetic thrusters, it is necessary to consider the possible mechanisms for accelerating 

the ions of the working fluid, i.e., the mechanisms of formation of accelerating forces.  

The analysis showed that the main forces action of which is used in various models of ion-

plasma thrusters to accelerate the ions of the working fluid are as follows. 

The Coulomb force, which imparts to the ion the acceleration from the action of the 

electric (electrostatic) field equal to the product of ion charge qi and the electric field strength 

E, hereinafter the vector quantities indicated in bold.  

The effect of the Coulomb force is the main accelerating factor in electrostatic thrusters, 

but it is also used in some electromagnetic thruster classes: Gridded Ion Engine (GIE), Hall 
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Effect Thruster (HET), High Efficiency Multistage Plasma Thruster (HEMPT), Pulsed Plasma 

Thruster (PPT), Quad Confinement Thruster (QCT) and some of Electrode-less Thrusters. 

The Lorentz force, which imparts to the ion acceleration due to the magnetic field, equal 

to the product of the ion charge by the vector product of the ion velocity and magnetic field 

induction: qi(vi × B). Hereinafter, × is the sign of the vector product. 

Using the Lorentz force, thrusters can be built based on ion-cyclotron and electron-

cyclotron resonances, development of which is currently underway. Similar EPTs are 

classified by EPIC as Electrode-less thrusters [8]. 

The Lorentz force is widely used to translate electron trajectories in the ionization 

chamber from linear to closed orbits, which makes it possible to increase the probability of 

electron impact on the neutral atom of the working fluid and, therefore increase the degree of 

ionization of the working fluid. Magnetic systems that create, together with an electrode 

system of this kind, the effect of the Lorentz force are used in many types of modern EPTs, 

for example, in the Hall- Effect Thruster (HET) [8]. 

The force is obtained because of the current flow through the plasma due to collision 

of an ion with a directed stream of plasma electrons. Acceleration due to the action of this 

force is called Ohmic acceleration or acceleration of the “electronic wind”. 

In a hydrodynamic plasma model, the “electron wind” effect is equal to the ratio of the 

product of the ion charge and current density to plasma conductivity  
𝑞i J

σ
  [9].  

This force (combined with the Lorentz force) is used to accelerate ions in Magneto Plasma 

Dynamic (MPD) thrusters. 

The force of gas-dynamic or thermal acceleration arising due to the ion pressure 

gradient, due to which the chaotic thermal movement of ions becomes directed, and the 

randomly directed forces of thermal collisions form a directed resultant vector. It can be said 

that the action of this force is of an auxiliary character, since the achievement by this force of 

the values that affect the ion acceleration is a characteristic only of certain types of Magneto 

Plasma Dynamic (MPD) thrusters [8]. 

In hydrodynamic plasma model, this force is approximately equal to the ratio of the ion 

pressure gradient to the plasma concentration 
∇𝑃i

𝑛
 [9]. 

The process of creating reactive thrust in electrostatic and electromagnetic thrusters is due 

to the acceleration of charged particles ‒ positive ions of the electrostatic and electromagnetic 

thruster’s working fluid, so the speeds of neutral atoms and plasma ions of the working fluid 

differ by several orders of magnitude.  

Neutral (non-ionized) atoms of the working fluid practically do not participate in the 

creation of the thrust and reactive power of electrostatic and electromagnetic thrusters. 

Because the velocities of the accelerated ions outflow exceed the velocities of neutral atoms 

by several orders of magnitude, they determine the velocity of the outflow of working fluid of 

the thruster veq. In this case, the mass flow rate of the accelerated working fluid G will be the 

mass flow rate of ions Gi equal to the product of the number of ions ni and the mass of the 

working fluid ion mi. 
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Then thrust T expression for electrostatic and electromagnetic thrusters takes the 

following form: 

T = –vexi(mi ni), (2.1) 

where vexi is exhausting velocity of accelerated ions. 

Specific impulse Isp of electrostatic and electromagnetic thrusters can be defined as: 

exi
sp .

v
I

g
  (2.2) 

 In general, the equation of ion motion in an electromagnetic field under conditions of a 

rarefied plasma is as follows [4]: 
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There are two types of ion acceleration in an electrostatic field: 

 acceleration of ions actually in an electrostatic field; 

 ion acceleration due to the combined action of electric and magnetic fields. 

In the first case, the component of the EPT traction force generated by the electrostatic 

field is formed as the mechanical reaction force of the electrodes to the resulting Coulomb 

force, which arises as a result of interaction of the working fluid ions and the electric field of 

electrodes with different potentials. This pure acceleration mechanism is used in electrostatic 

EPTs of the Gridded Ion Engine (GIE) type [8]. 

In the second case, with the combined action of electric and magnetic fields, the Hall-

effect manifests itself ‒ in a conducting plasma through which current flows, a bias current 

arises, which significantly changes the acceleration mechanism compared to an electrostatic 

thruster. 

A schematic diagram of an EPT with cross electric and magnetic fields ‒ Hall-Effect 

Thruster (HET) [8], illustrating the effect of an electric and magnetic field on an ion, is shown 

in Fig. 2.1. 

 

Fig. 2.1. Schematic diagram of EPT with cross electric and magnetic fields. 

In EPT with acceleration of ions in crossed electric and magnetic fields, the traction force 

increases due to the additional action of the Ampere force on the ion flux [10]. 
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3. EPT THERMAL BALANCE CONCEPT AND  

ITS ESTIMATION 

EPT Thermal balance concept 

Thermal power supplied to EPT structure can be determined by subtracting from the total 

amount of thermal power Qt released during EPT operation (EPT emitted thermal power) the 

amount of thermal power allocated outside EPT with the working fluid flow Qwf. Since there 

are mechanical connections between the elements of EPT structure inside the thruster and the 

distance between them is relatively small, it means that the main mechanism of heat transfer 

in EPT structure is thermal conductivity. From the other side outer space vacuum around EPT 

is a highly efficient heat insulator. The processes of convection and heat conduction in outer 

space are absent. The only heat transfer mechanism is radiation, and the thermal energy 

absorbed by EPT can be removed outside the thermodynamic system of EPT only by 

radiation: a heated EPT is a source of thermal radiation, and power Qr radiated by EPT is 

subtracted from the absorbed one. 

The difference between the absorbed and radiated thermal power determines the condition 

of EPT thermal balance: 

Qt – Qwf = Qr. (3.1) 

In addition, with an increase of EPT power its heat balance shifts toward an increase in 

radiated power and, consequently, in the temperature of the thruster structure, since the 

radiation surfaces of EPT cannot dissipate the supplied heat. EPT starts to overheat ‒ the 

equilibrium temperature may be outside the operation range of EPT materials (cable 

insulation, magnet’s Curie point, etc.) and to prevent the overheating of EPT, it is necessary 

to embed a thermal throttle into its control system, i.e., special controlled valve. It means to 

artificially reduce thrust, specific impulse and power to prevent overheating, and thruster 

failure. Such a need arises even for EPT with a consumed electric power of 660 W (thruster 

SPD-70) [11]. 

An alternative to artificial decreasing of EPT performance is to create an EPT cooling 

system that allows excess heat output to be removed outside EPT and then dissipating it in 

outer space. 

EPT emitted thermal power 

EPT is a converter of electrical energy into kinetic energy of plasma stream. One of the 

main characteristics of EPT is the kinetic power of the working fluid, also called reactive 

power, Pjet: 

2

jet exi

1
 ,
2

P GV  (3.2) 

where G is the working fluid mass flow and Vexi is the working fluid exhaust velocity. 
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Kinetic power can also be expressed through EPT thrust T and its specific impulse Isp: 

jet sp

1
   .
2

P TI g  (3.3) 

For EPT the ratio of the effective power, i.e., its reactive power Pjet, to electric power P 

consumed by EPT is EPT’s total efficiency η: 

jet
.

P

P
   (3.4) 

Losses of energy conversion, per second, into electric propulsion power is EPT power 

loss PL: 

PL = (1 – η)P or PL = P – Pjet. (3.5) 

In theory, all losses of energy conversion in EPT can be represented as heat loss: in 

current conductors, plasma heat transfers to EPT structure, losses for heating of chaotically 

moving neutral atoms of plasma flow, then as divergence of ion beam (value of which is less 

than 10 % and can be minimized as will be described further) and as electro-erosive 

destruction of EPT structures. 

Thus, it is proposed to be guided by the assumption that the heat power released during 

the operation of EPT is the total power loss of the conversion of electric energy into kinetic 

energy of the ion beam PL. The difference between PL and Qt is only the parasitic power of 

the part of the diverging ion flow, which does not fall on EPT structure, but whose trajectory 

is not strictly opposite to EPT thrust vector. 

Reduction of EPT thermal power by working fluid flow 

The following approach is proposed to assess the thermal power diverted outside the 

thruster by the flow of the working fluid. The heat power diverted by the flow of the working 

fluid into the outer space is equal to the rate of change of the thermal energy of the working 

fluid mass, and for the discrete mass of the working fluid, emitted by EPT per unit time, it can 

be determined as 

Qwf = CwfGΔTwf, (3.6) 

where  Сwf is the specific heat of the working fluid in J/(kg K), ΔTwf is change in the average 

temperature of the working fluid when passing through EPT, K, which is almost equal to 

outgoing plasma temperature. In the stationary mode of EPT operation, it is about specific 

heat, as specific heat capacity at constant pressure is Cp. 

According to [12], Cp of plasma is the combination of translational Cp(T), rotational 

Cp(R), vibrational Cp(V), and electronics Cp(E) energy modes. It is defined by expression 

Cp(T) = Cp(T) + Cp(R) + Cp(V) + Cp(E). (3.7) 

Calculation of thermal regime for the EPT should be guided by a value close to the 

minimum of the thermal power diverted by the flow of the working fluid ‒ 0.7 % of the 

electric power supplied to the EPT. In this case, the error is equivalent to a decrease in the 
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actual heat load on the cooling system compared to the calculated one, i.e., it has some power 

reserve (max. 9 %).  

From the above, it follows that there is a significant difference between chemical thrusters 

and EPTs. It lies in differences of self-cooling mechanisms. In a chemical thruster, heat 

removal from structural elements is effectively carried out due to heat removal by mass flow 

of the working fluid with the great mass flow rate (kg/s) and it is sufficiently effective. 

Whereas in EPT, due to the small mass flow rate in it (mg/s), cooling due to heat removal by 

the working fluid is not effective and removes no more than 10 % of the generated heat. 

Assessment of the need to create a cooling system for EPT  

The criterion for the need to create a cooling system for EPT is the risk of overheating. In 

this regard, at the initial stage of its development (when the basic characteristics of the 

electrode and magneto-optical systems are determined), it is necessary to assess the danger of 

possible overheating of structures. 

The following method is proposed for a preliminary assessment of EPT overheating, that 

is, the need to create a cooling system and determine the maximum thermal load power based 

on the following factors: 

 according to the thrust and specific impulse of the thruster reactive power Pjet is 

determined; 

 based on the calculated or experimentally obtained value of electric power, the total 

EPT efficiency is determined and the total power loss PL is determined; 

 the value of heat power Qwf, diverted by the working fluid flow into the outer space, is 

determined, or this value is equal to 0.7 % of the EPT electric power; 

 the maximum value of thermal power Qt is equal to PL; 

 from the thermal balance equation, power Qr radiated by EPT is determined; 

 based on the obtained value of Qr and on the geometric and structural characteristics of 

the thruster, average temperature of EPT structure is determined. 

If the obtained average temperature value is outside the operational range of any elements 

of the electric propulsion system, then there is a need to create a cooling system for this 

EPT. As a rule, for an EPT with an electric power of more than 1.5 kW, either artificial 

limitation of EPT power with decreasing temperature or a cooling system device is 

necessary. Since the power-limited option is not an acceptable solution, there is a need to 

create an EPT cooling system.  

Description of EPT thrust processes  

The velocities of neutral atoms and ions in EPT output plasma differ by several orders. 

Consequently, neutral atoms play practically no role in creating EPT thrust. Taking into 

consideration that the EPT working fluid consists of particles and that EPT thrust T is 

determined by the outflow velocity Vexi of accelerated ions and their mass flow rate Gi, equal 

to product of ion mass mi and its flow ni (number of ions per second), it is possible to obtain 

the following expression:  
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Т = –Vexi(mi ni). (3.8) 

The kinetic power of the particle beam is expressed as 

2

jet
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m n
  (3.9) 

It means that to increase the thrust without increasing the mass flow rate it is 

necessary to increase the reactive power of the thruster. 

The energy of electrostatic field E, which accelerates the working fluid ions, is equal to 

the product of the working fluid ion charge qi and the potential difference Vb of the electric 

field of thruster accelerator. After conversion to the kinetic energy of the ion, in accordance 

with the law of energy conservation, it is equal to the kinetic energy of the ion:  

2
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From (3.10), the ion flow velocity is expressed as  
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The ion beam current Ib is equal to the product of the ion charge qi and the number of ions 

ni, which can be expressed through the mass flow of ions Gi:  
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  (3.12) 

It means that the mass flow of ions can be expressed via ion beam current: 

b i
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  (3.13) 

From expression (3.8), by substituting into it the variables expressed from Equations 

(3.11) and (3.13), taking into account that the ions in EPT have mostly a single unit degree of 

ionization, which means that the unit charge is equal to the elementary charge e, the following 

expression is obtained for EPT ideal thrust (in Newtons):  
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   (3.14) 

This form is convenient in that the first factor of Expression (3.14) is a constant for each 

type of working fluid. 

Evaluation of the EPT efficiency 

Due to (3.14) an ideal EPT specific impulse is   

exi i
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  (3.15) 
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The ratio of the ion mass flow per second to the mass flow per second of the working 

fluid, called the index of the efficiency of the working fluid mass flow usage ηm, in the case 

of a singly charged ion flow can be defined using the following expression: 

b i
m .

I m

eG
   (3.16) 

For a real EPT, taking into account all real thruster effects described before, with 

allowance for the correction coefficient γ, the expression for the mass utilization efficiency 

index is 
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  (3.17) 

Substituting in (3.16) all the determined values, we obtain the value of the single 

conversion factor (in SI units): 

b
sp m

a

1416.5288 ,
V

I
M

   (3.18) 

where Ma is the mass of the working fluid ion in atomic mass units.  

Thus, the rate of exhaust velocity (and, correspondingly, for specific impulse) increases 

with a decrease in the atomic mass of the working fluid. 

The overall efficiency η is the ratio of reactive power Pjet to electric power P: 

2

.
2

T

GP
   (3.19) 

All the needs for (3.19) parameters can be determined and measured during EPT tests 

(thrust, mass flow and electrical power consumption). Therefore, (3.19) is important for the 

design and development of EPT because overall efficiency of EPT can be determined 

experimentally. 
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4. DEVELOPMENT OF A MATHEMATICAL MODEL  

OF EPT COOLING SYSTEM 

Physical principles and approaches are presented to design mathematical models of EPT 

cooling systems, determine the thermal regimes of its elements, and thereby achieve long-

term and reliable operation. A mathematical model developed on the basis of the heat balance 

equation and the structural diagram of the EPT cooling system includes 3 elements: a heat-

receiving subsystem, heat transfer subsystem, and heat dissipation subsystem. When 

developing the mathematical model, the method of step-by-step problem solving is used. The 

following steps are to be followed. 

1. Statement of the problem, formulation of initial data and boundary conditions. 

2. Modeling of processes occurring in the heat-receiving subsystem of EPT. 

3. Development of a calculation model of the heat-receiving subsystem of EPT. 

4. Determination of the type of refrigerant used in the system. 

5. Development of a method for hydraulic calculation of the EPT cooling system. 

6. Modeling of the heat dissipation subsystem. 

Statement of the problem and initial data 

The initial data for mathematical modeling of the cooling system are: the value of thermal 

power of the cooling system load Qin, determined according to the methodology, proposed in 

the previous section; geometric characteristics of the electrode system; specification of 

prospective materials for the electrode system (data on their physical characteristics). 

These data are obtained as a result of experimental studies of a prototype developed by the 

author of the electric propulsion system, taking into account corrections for scaling. 

Modeling of processes occurring in the heat-receiving subsystem of the EPT 

The heat-receiving subsystem is a set of thermal bridges and pipelines through which the 

refrigerant moves, arranged in the body of the electrodes and other structural elements to 

collect and remove excess heat power output beyond the EPT. The diagram is shown in 

Fig. 4.1. 

 

Fig. 4.1. Generalized diagram of EPT for heat process calculation. 

The heat conduction process in general is described by Maxwell–Cattaneo law [56]: 

  ,k
t
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q T  (4.1) 
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where q is the vector of a local heat flux density, W/m
2
; τ  is the system relaxation time, s; 

∂q/∂t is the differencial of a local flux density vector over time; k(θ) is the material’s thermal 

conductivity, as a function of temperature, W/(m K); ∇T is the vector of a temperature 

gradient, K/m. 

This equation takes into account the dynamic properties of the thermal system, that is, the 

presence of a temporary shift between the change in the heat flux incident on the heat-

receiving surface and the change in its temperature, and it can be reduced to the next 

differential equation: 

  0.x y zk e e e
t x y z

    
          

    

q
q  (4.2) 

After transformations, Equation (4.2) takes the following form: 
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Equation (4.3) is a general heat equation. By integrating Equation (4.3) over the area or 

coordinates and time, it is possible to obtain data on the distribution of the temperature field 

over the heat-absorbing surface in real time. 

The author used a special case of the formulation and solution of equation (4.3) 

corresponding to the problem of finding the heat-absorbing surface temperature 

distribution, which does not require experimental data at the initial stage, but gives a 

satisfactory practical result.  

This method is based on the refinement of boundary conditions as applied to the specific 

problem of the temperature distribution in the heat-receiving subsystem of the EPT cooling 

system. Thus heat-receiving subsystem is designed so that the heat-receiving surface transfers 

heat to the refrigerant, which is moving in pipes and through the thruster structure heat 

bridges, thus the calculation model can be refined and simplified. The entire heat-receiving 

subsystem should be divided into elementary cooling cells С1‒Сi, consisting of sections of the 

heat-receiving surface connected by thermal bridges to sections of the refrigerant pipes, that 

is, the cells that consist of elementary pipes filled with refrigerant that is circulating through 

the cooling system, Fig. 4.2. 

 

Fig. 4.2. Diagram of the heat receiving subsystem of EPT cooling system. 
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Thermal power Qin that is absorbed by the thruster’s entire heat-receiving surface is the 

thermal load of the thruster cooling system, and this thermal power is supplied to and 

absorbed by the entirety of the heat-receiving surfaces of all elementary cooling cells C1–Ci. 

A cold refrigerant with temperature T1, enters the elementary pipe and, after heating to 

temperature T2 and by the heat transferred from the heat-receiving surface, exits from the 

elementary pipe. The diagram of a model of the heat-receiving subsystem neighboring cells 

Сi–1‒Сi is presented in Fig. 4.3. 

 

Fig. 4.3. Diagram of the heat receiving subsystem cells. 

The boundary A‒A between cells is arbitrary, and its position is determined from a 

subsequent calculation of the cell geometry, as the midpoint of the distance between the pipes 

with refrigerant, which, in turn, is determined as the maximum distance between the pipes. 

This distance meets the criterion of sufficiency of the heat power selection, which incident on 

the heat-receiving surface, at geometrical and hydraulic characteristics of the cell. An 

indicator of the sufficiency of the thermal power removal is the calculated temperature 

of the heat-receiving surface of the cell, the maximum value of which, Tmax, is achieved on 

the surface, on the cells’ boundary line A‒A. 

The indicated maximum temperature should be within the limits specified in the initial 

data, which is determined based on the strength and stiffness conditions of the EPT materials, 

characteristics of magnets, characteristics of combustion stability of a gas discharge, etc. The 

distance between the pipes should be the maximum possible based on the conditions of 

reducing material consumption and complexity of EPT manufacturing. 

Development of calculation model  

The model of the heat receiving surface of EPT structure is shown in Fig. 4.4. 

 

Fig. 4.4. Thermal surface model. 
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The following coordinate system is chosen for developing a mathematical model: 

 the X axis of the coordinate system is parallel to the heat-receiving surface and 

perpendicular to the pipe and line A–A; 

 the Y axis is perpendicular to the X axis, crosses it and is located in the plane of the 

heat-receiving surface (aligned with the pipe axis and line A–A); 

 the Z axis is normal to the heat-receiving surface and is crossing the pipe axis. 

Distance l is such that the contact line of the pipe containing the refrigerant and the heat-

receiving surface can be represented as an isothermal line. Due to greater efficiency of the 

heat conduction mechanism of the heat-receiving surface in comparison with the radiation 

mechanism of supplying thermal power Qin to it, with this choice of the coordinate system, 

isotherms on the heat-receiving surface are parallel to the pipe axis and, accordingly, there is 

no temperature gradient along the Y axis. The thickness of the material of the heat-receiving 

surface h is sufficiently small compared to its length and width. Under the condition of good 

thermal conductivity of the material over the thickness, it warms up completely and evenly, 

there is no temperature gradient over the thickness of the material (i.e., along the Z axis). 

Thus, in the proposed calculation model, the temperature gradient is available only 

along the X axis, and the vector of the temperature gradient is parallel to the X axis.  

The processes in EPT are quasistatic because usually EPT works with equal thrust and 

discharge parameters for a long time. Therefore, to build a mathematical model, it is enough 

to use the static form of Maxwell–Cattaneo law and Fourier law: 

q = –k ∇T.  (4.4) 

In the proposed coordinate system, the temperature has a gradient in only one direction ‒ 

along the x coordinate, therefore, the nabla operator for temperature degenerates into a 

differential along the x coordinate: 
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On the heat-absorbing surface an elementary segment of length dx is selected. The 

temperature change in segment dx will be equal to dt. The heat balance equation for the region 

bounded by dx will have the following form: 

Qi – Qi–1 = dQ.   (4.6) 

In practical EPT constructions, the electrode system is either a set of cylinders, or one of 

the electrodes has the shape of a slightly expanding cone. Therefore, and after some 

transformations of the equations, obtain the equation, describing the thermal field on heat 

receiving surface: 
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The solution of Equation (4.7) is the following function T(x), which describes the 

temperature distribution along the length of the heat-absorbing surface (axis x): 
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To facilitate finding, the coefficients, when solving this equation, combine the models 

shown in Figs. 4.3 and 4.4 are compatible. If the distance between adjacent thermal bridges, 

between the pipe and the heat-receiving surface along the X axis, is designated as D, then the 

x coordinate value corresponding to the position of the Tmax line will be D/2. Then the vertex 

of parabola T(x) corresponding to Function (4.8), i.e., the point of the max. temperature of the 

heat-absorbing surface will be on the axis perpendicular to the X axis and passing through the 

point x = D/2, Fig. 4.5. 

 

Fig. 4.5. Complete heat transfer surface model. 

Coefficient k2 of Equation (4.8) will be equal to the minimum temperature of the heat-

absorbing surface in cross-section D, i.e., the temperature of the thermal bridge between the 

refrigerant pipe and the heat-receiving surface Thb. Coefficient k1 of Equation (4.8) is 

determined as follows. On the one hand, the x-axis coordinate of the parabola is  k1 divided by 

2(−
𝑞

2𝑘ℎ
), and on the other hand, it is equal to D/2. Then: 
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Thus, the solution of Equation (4.7) has the following form: 
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The maximum temperature isotherm has the form of a straight line located on a heat-

absorbing surface parallel to the refrigerant pipes and passing through the point with t 

coordinate x = D/2. 
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Thus, the maximum temperature of the heat-absorbing surface Tmax will be 

  (4.10) 
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Based on a detailed mathematical analysis of the ways to solve this equation, it has been 

ascertained that with equal heat flux density acting on the heat-absorbing surface and the 

specified properties of the refrigerant materials and the surface and tube material, the main 

factors determining the maximum premised operating temperature are the distance 

between the pipes and the velocity of movement of the refrigerant. 

Determining the refrigerant type used in the cooling system. The type of refrigerant is 

determined primarily based on the required temperature range and thermodynamic 

characteristics of the refrigerant (high specific heat and thermal conductivity, low density and, 

in some cases, low dynamic viscosity). The best refrigerants are liquid metals with a relatively 

low melting point (mercury, tin, lead, sodium, potassium, lithium), but they have significant 

specifics of application, primarily the operating temperature range, toxicity, current 

conductivity and chemical activity. Good refrigerants are water, aqueous solutions and 

substances that are in a liquid state under normal conditions (i.e., ammonia solution, ethylene 

glycol). The worst refrigerants are cryogenic liquids (liquid nitrogen, liquid argon, liquid 

xenon and liquid helium). They have a relatively low heat capacity and thermal conductivity, 

as well as low density. The determining condition for the use of cryogenic liquids is the 

required cryogenic temperature range of the cooled object, for example usage of high 

temperature superconductor magnets in thruster accelerator. 

Hydraulic calculation of the EPT cooling system 

The next step in the mathematical simulation process is the hydraulic calculation of the 

EPT cooling system. First of all, the required total volumetric and mass flow rate of the 

refrigerant through all the cells of the heat-receiving subsystem have to be determined. 

Since all the thermal energy absorbed by the heat-receiving subsystem should be used to 

heat the refrigerant, the required volumetric flow rate of the refrigerant is determined based on 

the permissible increase in the temperature of the refrigerant supplied to the heat-receiving 

subsystem during its heating until ΔТref: 

ΔТref = Тrefout – Тrefin,  (4.12) 

where Trefin is the temperature of the refrigerant entering the heat-receiving subsystem, K; 

Trefout is temperature of the refrigerant leaving the heat-receiving subsystem, K. 

When determining ΔТref, it is necessary to take into account and evaluate the possibility of 

further heating of the refrigerant when passing through pipelines in the heat transfer 

subsystem and the heat dissipation subsystem, as well as in the pump of the heat transfer 

subsystem, and reduce the maximum value of ΔТref by the possible reached heating 

temperature. 

  2
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2 2
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Heat dissipation subsystem 

The task of the heat dissipation subsystem is the removal of thermal energy from the 

refrigerant and the dissipation of this energy to outer space. This task is performed by 

radiators ‒ heat exchanging surfaces of a large area located on the shadow side of the 

spacecraft. As a rule, such radiators are equipped with reflectors or “blankets” of screen-

vacuum thermal insulation that prevent irradiation from other spacecraft’s structures, as well 

protect from the Sun and the Earth heat radiation and provide radiator’s heat radiation in a 

given direction. This, however, should not affect the thermal mode of other functional space 

equipment apparatus. It should be noted that such radiators are a unified structural element of 

spacecraft, since they are used in spacecraft thermal control systems. Therefore, the best way 

will be the selection of a commercially available radiator based on the characteristics obtained 

during the proposed model calculation: power to dissipation, inlet and outlet refrigerant 

temperatures, and its pressure and flow rate. 

The heat dissipated by the refrigerant through its radiation into outer space 

In this case, heat from the liquid is initially taken to the walls of the pipes and through 

those walls transferred to the edges of the heat-emitting surface (radiator). The initial data for 

its calculation are the known values of pressure Pref, the mass and volume flow rates Gref  and 

σref, as well as the amount of excess heat power that should be removed from the system ‒ the 

radiation power Qr. 
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5. CALCULATION METHOD, CALCULATION  

ALGORITHM AND COMPUTER CALCULATION  

PROGRAM FOR EPT COOLING SYSTEM 

Based on the described physical and mathematical model, a calculation procedure was 

developed, and on its basis, a calculation algorithm and software for the calculation of the 

mathematical model parameters of the EPT cooling system. Here also was used the method of 

step-by-step problem solving.  

Source data collection 

The source data are: the value of the thermal power of the cooling system load Qin 

determined according to the procedure proposed in Section 3 of this Thesis; characteristics of 

the electrode system; specification of prospective materials for the construction of the 

electrode system (data on their physical properties). These data can also be obtained as a 

result of experimental studies of the EPT prototype being developed, taking into account 

corrections for scaling obtained using similarity methods (scaling laws), as, for example, it 

was proposed for Hall-effect thrusters in [55]. It seems very likely, that analogous similarity 

laws can be obtained for other types of EPT. Selection of materials for the heat-absorbing 

surface and pipes, selection of the refrigerant, determination of the necessary characteristics 

based on the specification or on the basis of design requirements, the structural material is 

determined that can be applied to produce the heat-absorbing surface and pipes for the 

refrigerant. The necessary and permissible operating temperature range of this material is 

determined according to the conditions of strength and stiffness. Td is determined as the 

maximum allowable temperature of the heat-absorbing surface of the heat-receiving 

subsystem. Based on a given range of operating temperatures, the type of refrigerant is 

determined by the following criteria: the content of the liquid phase is maximal, and the vapor 

content is minimal. Then chosen refrigerant, which having the maximum: a) thermal 

conductivity, b) density, c) heat capacity (factors in decreasing order of importance), finally 

the refrigerant with the lowest dynamic viscosity is selected, also fire and explosion hazard, 

current conductivity, toxicity, availability and cost are taken into account. 

A table is compiled of thermal conductivity of the structural materials in the range of 

operating temperatures and beyond with tolerance ±20 % of the upper and lower boundaries 

of this range. 

Analysis of the design and determination of the initial structural data 

Analysis of the thruster design is performed. The geometry of the heat-receiving surface is 

determined. Based on the geometric characteristics of heat-absorbing surfaces, the total area 

of heat-absorbing surface Ah is determined. 
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Calculation of the characteristics of the cell heat receiving subsystem 

Using the method of successive approximation ‒ by sequential calculations define the 

heat-absorbing surface, then determine the thickness of the material, the structurally and 

technologically permissible width and height of thermal bridges, the geometric characteristics 

of the pipes for the refrigerant and the distance between the pipes of refrigerant. In 

mathematical modeling of variation, the following characteristics of the heat-receiving 

subsystem, i.e., variables, arranged in increasing order of the structural and technological 

complexity, are subject of the change, varying step-by-step within structurally defined limits. 

This is the distance between the pipes D, it varies in the direction of decrease with a step of 

0.1 mm from the initially specified structurally determined maximum value D0 to the 

minimum structurally possible value Dmin. Then the velocity of the refrigerant movement in 

the pipes Vref varies in the direction of increase from the initially set value of Vref0 in 

increments of 0.001 m/s to Vrefmax, determined based on the design characteristics of the 

pumps that can be used in this range. In addition, the thickness of the heat-absorbing surface 

h – initially varies in the direction of increase with a step of 0.1 mm from the initially 

structurally determined h0, see (4.11), to the maximum structurally permissible value hmax. If, 

as a result of the calculation, the relation Tmax ≤ Td worsens (where Td is the predetermined 

structure temperature), i.e., the value of Tmax increases, the parameter varies in increments of 

0.1 mm downward. It means that the initial temperature of the refrigerant Tref varies in the 

direction of decreasing from value Tref0 with a step of 0.1 K to value Trefmin, determined based 

on the characteristics of the refrigerant and the maximum possible radiator area of the heat 

dissipation system. The results of the variation of this parameter subsequently affect the 

determination of the area of the radiator of the heat dissipation system, i.e., the last variable is 

the inner diameter of the refrigerant pipes d in the direction of increase in increments of 0.5 

mm. If the diameter of the pipes was changed during the calculation, it is necessary to verify 

the preservation of the conditions of strength and stiffness of the walls of the pipes at a given 

pipe wall thickness z. As well as check the technological possibilities of maintaining (or the 

necessity to increase) the contact spot of the pipe with the heat-absorbing surface. 

Hydraulic calculation of cooling system 

Hydraulic calculation of pipes of the heat-absorbing surface, pipelines of the cooling 

system and the pump is carried out in accordance with the aforementioned order. Based on the 

analysis of the principle hydraulic circuit and the installation diagram of the cooling system, a 

table of local resistances is compiled and the corresponding similarity coefficients are 

determined. A table of pipelines is compiled in which the velocities of the refrigerant in 

different cross-sections of the pipelines are determined, as well as the corresponding 

similarity numbers. Loss of elements, total losses and total head (pressure) of the cooling 

system pump are determined.  
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Selection or calculation of the heat dissipation subsystem 

If it is possible to choose from a number of commercially available spacecraft thermal 

control systems based on the obtained data of the required dissipation power, temperatures of 

the incoming and outgoing refrigerant, pressure and flow rate of the refrigerant, the most 

suitable radiator be selected. If this is not possible, the radiator elements of the heat 

dissipation subsystem are calculated. 

Thus, all the necessary characteristics of the structural elements of the cooling system are 

uniquely determined. Based on the proposed methodology, an algorithm for calculating the 

EPT cooling system was developed and proposed. This algorithm is presented in the Thesis. 

Based on the obtained algorithm, software has been developed that allows making 

calculations of the EPT cooling system parameters with variation of the initial data and 

boundary conditions. 
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6. TESTING AND VALIDATION OF THE RESULTS. 

EXPERIMENTS WITH A BASIC PROTOTYPE  

WITHOUT A COOLING SYSTEM 

Two groups of experiments were performed to confirm the validity and verification of the 

scientific principles and results obtained from the research done regarding the correctness of 

the proposed approach to modeling and designing the EPT cooling system and its efficiency. 

In the framework of the first group of experiments, a Magneto Plasma Dynamic EPT was 

manufactured and was tested with its own magnetic field without a cooling system. The 

second group of experiments was performed for the EPT with a switchable external magnetic 

field and with a cooling system, which was designed based on the proposed model 

calculation.   

In both cases, the thrusters had the same geometric characteristics of the electrode system. 

For the experiments, a special facility and a test bench was designed and produced. To do 

this, their parameters were calculated. The description of the special facility and the test bench 

is given in the appendix of the Thesis. 

The objectives of the first group of experiments were: 

1. Evidence of electro thermal failure possibility of EPT with a power of more than 1 kW. 

2. Proof of a cooling system needed for EPT with a power of more than 1 kW. 

3. Data collection for designing an EPT cooling system. 

For the experiment, a coaxial Magneto Plasma Dynamic EPT with its own magnetic field 

without a cooling system (hereinafter MPDO) was manufactured. The EPT already mentioned 

in this Thesis was adopted as the basis of the developed MPDO [14], which, proceeding from 

the goals of the study, was substantially modernized. 

Based on the operating conditions of the thruster in atmosphere, not in vacuum, the 

mechanisms of initial ionization, thruster start-up and supply of the working fluid were 

changed.  

In order to extend the lifetime of the electrode system of the thruster, heavy inert gas 

argon was used as the working fluid for the EPT. The experimental MPDO diagram is shown 

in Fig. 6.1. 

 

Fig. 6.1. Diagram of experimental MPDO. 
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The flow of the working fluid enters the ionization zone between the anode and cathode of 

the experimental MPDO. Initially, the electron impact ionization mechanism consists of only 

a part of the electrons, scattering from the main trajectory from the cathode to the anode, but 

as they enter the inter-electrode space, the neutral atoms of the working fluid fall into the 

main plasma electron flux and the degree of ionization of the working fluid increases. The 

conductivity of the plasma of the working fluid increases with increasing degree of ionization. 

As the conductivity increases, current I flowing through the plasma increases, and therefore 

the magnetic field B and the induced current flowing through plasma. As the current amount I 

and magnetic field strengths В are increasing in plasma, the Lorenz force F = B × I, acting on 

plasma ions, also is increasing and hence the ions acceleration is a result. Outside the coaxial 

portion of the electrode system (as by move toward the cut of the thruster nozzle), the Lorentz 

force vector begins to rotate in the direction to the thruster axis, and then the vector of Lorentz 

force resolves into two components: the ions accelerating force, and the compression force, 

increasing the ions flux compression. The share of compression force increases in the 

direction from the cathode to the nozzle exit. 

Ten experiments were performed using different values of current force and working fluid 

flow.  

Nine of the experiments ended with thermal destruction of the anode. For each new 

experiment, a new copper anode of the same diameter, thickness, and length was 

manufactured with the same technological tolerances: in diameter ±0.1 mm, in thickness ±0.1 

mm, in length ±0.25 mm. The tenth experiment was devoted to finding the boundary of 

ignition of an arc discharge due to current value and flow of the working fluid. The flow was 

regulated by the gas pressure reducing regulator control handle, and the current was 

controlled by the power supply current limiting handle, which have low installation accuracy, 

for this reason, the boundary of ignition of a stable discharge was determined conditionally 

(the discharge ignites and goes out, flashes occur, but there is no stable burning). As a result 

of numerous switch-on, the tenth anode also received a through defect. 

In the process of experiments, the magnitude of following parameters were controlled: 

discharge current and voltage; current, voltage and power of electromagnets; working fluid 

flow; coolant temperature and coolant pressure; thrust. The temporal references of 

experiments were made on photographs and video. 

The experimental results are presented in Table 6.1. The table shows the instrument 

readings, rounded taking into account the measurement of scale error. 

The first four experiments were aimed at obtaining data on MPDO thruster operation in 

maximum thrust mode. The average thrust was 4.7 mN. The average resource before thermal 

destruction was 11.75 s.  

Then six more experiments were carried out, with the following objectives. 

1. To identify the possibility of achieving a stable operation of the thruster without a 

cooling system with a longer resource, to bring the operating lifetime to more than a 

minute. 
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2. To determine the maximum resource of the thruster and the boundaries of the stable 

operation of the thruster by magnitude of current, voltage, discharge power and flow 

of the working fluid. 

Table 6.1 

MPDO Experiment Results 

No. 

of 

test 

Average 

discharge 

current, 

A* 

Average 

discharge 

voltage, 

V* 

Electric 

power, 

W 

Argon 

volume 

flow, 

nL/min 

Time to 

the 

failure, s 

Destruction 

reason 

Thrust, 

mH 
Comment 

1 136 23.1 3142 1.0 12 
Anode 

overheating 
4.6 

Maximal 

thrust 

2 138 22.9 3160 1.0 11 
Anode 

overheating 
4.8 

Maximal 

thrust 

3 135 23.1 3119 1.0 13 
Anode 

overheating 
4.5 

Maximal 

thrust 

4 139 22.9 3183 1.0 11 
Anode 

overheating 
4.9 

Maximal 

thrust 

5 108 26.0 2808 0.8 14 
Anode 

overheating 
2.9 

 

6 102 26.9 2744 0.7 14 
Anode 

overheating 
2.6 

 

7 89 28.3 2519 0.6 16 
Anode 

overheating 
2.0 

 

8 78 29.4 2293 0.5 18 
Anode 

overheating 
1.5 

 

9 69 31.7 2187 0.4 20 
Anode 

overheating 
1.1 

Maximal 

lifetime 

10 ≥68 ~40 
Not 

operate 
≥0.3 

Not 

operate 
Not operate 

Not 

operate 

Instable 

discharge 

 

As a result of the experiments, it was found that the anode resource increases with 

decreasing of discharge current magnitude and power. The maximum lifetime of the anode 

was obtained at a discharge current value of 70 A and an argon flow rate of 0.4 nL/min. In 

such conditions the anode lifetime was about 20 s. The discharge power was 2.187 kW. 

Below the specified value of current, power and flow, the discharge becomes unstable; a 

stable arc does not ignite. 
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7. EXPERIMENTS WITH MAGNETO PLASMA DYNAMIC 

EPT WITH COOLING SYSTEM AND WITH SWITCHABLE 

EXTERNAL MAGNETIC FIELD 

To confirm the proposed methodological manual and algorithm for modeling EPT cooling 

systems, a Magneto Plasma Dynamic EPT was designed with a cooling system and a 

switchable external magnetic field (hereinafter ‒ MPDE). In the MPDE, equipped with the 

cooling system, was used the same electrode system, the same supply system for the working 

fluid and the power supply system as in the above discussed thruster without a cooling 

system ‒ MPDO (Section 6). 

 The MPDE cooling system was designed based on the methodological manual, algorithm, 

and mathematical model that were designed by the author and described in previous chapters 

of this Thesis. Modeling and experiments (Section 6) have shown that in a coaxial thruster 

most thermal energy generated by the arc discharge is acted on an anode, and the destruction 

of the anode begins to develop in its middle region. Therefore, it is necessary to ensure an 

efficient cooling of the middle part of the anode, thus it was decided to make a coaxial jacket 

for the refrigerant flow, which provides efficient removal of excess thermal power from the 

heat-loaded surface of the anode and efficient cooling of its middle region in particular. 

The mathematical model realized as software used information about the geometric data 

of the anode, the previously calculated value of the supplied thermal power (cooling system 

load) of 2000 W and the functional dependences of the main characteristics of the refrigerant 

(water) on temperature (thermal conductivity, specific heat, density, dynamic viscosity) in the 

range from 273.15 K to 373.15 K. Further, the temperature of the anode wall was calculated 

depending on the flow rate and the temperature of the refrigerant. The calculation result is 

shown in Figs. 7.1 and 7.2. 

 

Fig. 7.1. The dependence of the average temperature of the anode on the velocity  

and temperature of the refrigerant (rough preliminary calculation). 

Rough preliminary calculation, the results of which are presented in Fig. 7.1, was carried 

out in the range of flow rates of the refrigerant from 0.01 m/s to 0.1 m/s in increments of 

0.01 m/s and in the temperature range of the refrigerant 0‒100 °C (single-phase refrigerant in 
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the liquid phase). These results show that the range of the safe refrigerant speeds, ensuring the 

absence of overheating of the anode in the entire temperature range of the refrigerant liquid 

phase, starts from ~0.015 m/s. 

Further, the thruster material properties defining cooling systems design limitations were 

taken into account: the fact that soldered copper-tin compounds are present on the anode; the 

upper limit of the operational temperature of the anode was limited to 120 °C. To calculate 

the refrigerant flow rate satisfying this condition, the more accurate, fine calculation was 

carried out in the range of refrigerant flow velocities of 0.1‒0.5 m/s in steps of 0.05 m/s, the 

results are presented in Fig. 7.2. 

 

Fig. 7.2. The dependence of the average temperature of the anode on the velocity  

and temperature of the refrigerant (accurate calculation). 

The results of the calculation indicate that the range of refrigerant velocities satisfying the 

condition of limiting the anode temperature to 120 °C lies above the velocity of ~0.5 m/s. 

If it is impossible to reach the indicated velocity with available technical means, then it is 

necessary to limit the upper range of the operational temperature of the refrigerant, for 

example to +55 °C at the velocity of 0.15 m/s. Then, the calculation of the refrigerant 

volumetric flow rate required to ensure a given thermal mode was made. It amounted to 

3.004 · 10
–4

 m
3
/s or 1.08 m

3
/h, its mass flow rate was determined depending on its 

temperature. The results are presented in Fig. 7.3. 

 

Fig. 7.3. Dependence of the mass flow rate of refrigerant on temperature. 
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The calculation result shows that it is necessary to take 0.3004 kg/s as the mass flow rate 

of the refrigerant. The cross-sectional area of the coaxial pipeline of the cooling system was 

calculated, and based on this, the diameter of the outer tube of the cooling jacket was 

determined. 

Then, the design of the inlet and outlet pipelines for the supply and removal of refrigerant 

from MPDE anode cavity were performed. Next, the necessary pump head was calculated 

taking into account hydraulic and local pipeline resistances. For this, the Bernoulli equation in 

the form proposed in the research was solved. The calculated height of the water column and 

the required maximum pump pressure value (0.47 MPa) were determined. 

The MPDE and its cooling system was designed and calculated using physical and 

mathematical models, methodological manuals and algorithms developed by the author, and 

presented in Fig. 7.4. 

 

Fig. 7.4. MPDE design developed by the author: 

1 ‒ a dielectric concentrator, which serves to transfer the thrust of the MPDE to the strain 

gauge measuring mechanism, electrical isolation of the cathode system and sealing the 

cathode cavity; 2 – a brass threaded sleeve around which a dielectric concentrator 1 is printed; 

3 ‒ threaded brass coupling-tee into which a dielectric concentrator 1 with sleeve 2 is 

screwed, a collet clamping cone 9 and pipe 7; 4, 6, 10 ‒ FKM gaskets; 5 ‒ fitting of the argon 

feed hose, which performs the function of the connector with negative electrode of the 

thruster; 7 ‒ brass pipe; 8 ‒ silicone case-insulator; 9 ‒ brass clamping cone collet; 11 ‒ collet 

‒ cathode holder; 12 ‒ cooled anode ‒ copper tube; 13 ‒ ceramic insulator made of vacuum 

tight corundum ceramics; 14 ‒ tungsten rod ‒ EPT cathode; 15, 22 ‒ front and rear pipe caps 

of the cooling cavity of the EPT anode (copper); 16, 17, 21, 23 ‒ fittings for connecting the 

supply hoses (21, 23) and drain (16, 17) of the coolant; 18 – electromagnet’s first coil ‒ an 

“electron circulation coil”, which serves to create a magnetic field, codirectional axis of the 

thruster; 19 ‒ the outer tube of the cooling cavity of the EPT anode (copper); 20 – 

electromagnet’s second coil “focusing coil”, which serves to create heterogeneity of the 

magnetic field and the implementation of the effect of J. V. Kubarev. 
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Design of the MPDE cooling system made as a result of modeling 

Based on the simulation results, the MPDE cooling jacket was designed with a system of 

inlet and outlet pipelines hermetically soldered to the anode (Fig. 7.5), which provides 

effective cooling of the middle region of the anode. 

 

Fig. 7.5. The MPDE cooling jacket design. 

Based on the results of mathematical modeling, the MPDE cooling system was developed, 

which ensures the circulation of coolant through the anode jacket. In this development, a 

flow-type cooling system with forced circulation of a coolant is used. 

Based on the simulation results, a pump with a flow rate of 1 m
3
/h was selected, which has 

a pressure head (maximum height of the pump water column) of 80 m. 

The diagram of hydraulic circuit of MPDE cooling system is shown in Fig. 7.6. 

 

Fig. 7.6. Diagram of hydraulic circuit of MPDE cooling system:  

T1 – a thermometer for measuring the temperature of the coolant; T – a tank with coolant;  

VH – a manual valve that acts as a throttle to maintain the pressure of the coolant in the EPT 

cooling system; P – an electric pump; P1 – a pressure gauge showing. 

 

The cooling system operates as follows. When power is applied to the electric pump P, it 

starts to suck in coolant from tank T. From pump P, the coolant under pressure is fed through 
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a flexible hose system to the nozzles of the EPT cooling jacket from the side of EPT nozzle 

exit to the atmosphere. Pressure gauge P1 controls the pressure of the supplied fluid. After 

passing around the outer surface of the MPDE anode, the heated coolant through the outlet 

pipes and the flexible hose system is fed to the manual valve VH, which acts as a throttle to 

maintain a given operating pressure in the cooling system. It was necessary to maintain a 

higher pressure (up to 5.5 bar) in the cooling cavity of the anode in order to remove air 

bubbles and to prevent the formation of steam jackets due to the near-wall boiling of the 

refrigerant. After throttling, the coolant flows back to tank T. Tank T has a built-in 

thermometer T1, which allows determining the temperature rising of the pre-defined volume 

of the coolant water in the tank. Thus, it is possible to obtain the calculation of thermal losses 

power of the thruster (taking into consideration that 12.5 liters of water were poured into the 

tank of the cooling system during the first series of experiments, and then 15 liters of water 

were poured in addendum). 

Analysis of experimental results  

1. Experiments with MPDO without the cooling system  

1.1. MPDO of such design with a power of more than 1 kW is subjected to electro thermal 

destruction. Figure 7.7 shows the tendency of increasing thruster lifetime while the electric 

power is decreasing. For the thruster with such electrode system, a further decrease in power 

is impossible, since the discharge becomes unstable and the arc does not ignite, but if the inter 

electrode distance was reduced, such a decrease in power to a certain limit would be possible 

with a simultaneous increase in thruster lifetime with a corresponding decrease in traction. 

 

Fig. 7.7. Interpolation of the experiment results to increase the resource by reducing power. 

1.2. MPDO with such an electrode system and discharge chamber described above cannot 

have a resource of more than 20 seconds without the use of the cooling system. Radiation and 

air-cooling were not effective. This result was verified by repeating 9 experiments. The 

maximum resource was obtained at a discharge current of 70 A and an argon flow rate of 

0.4 nL/min ‒ it was 20 s, and 4 experiments performed in the maximum traction mode 

without changing the flow rate and discharge current value adjustments showed the thruster 

lifetime of 11.75 s with a maximum deviation of 8.3 %.  
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1.3. To assess the correctness of data obtained as a result of tests, a comparison with the 

calculation results was made. The model proposed by R. G. Jahn for coaxial MPDO [6]  was 

accepted. According to this model, the expression for an ideal full thrust of a coaxial MPDO 

is 

2

a

c

3
ln ,

4 4

rI
F

r

  
   

   
  (7.1) 

where μ is magnetic permeability, H/m; ra is anode radius, m; rc is cathode radius, m.  

In the tested MPDO the anode is a copper pipe with external diameter 18 mm and wall 

thickness 1 mm, therefore ra = 0.008 m. The cathode is a tungsten rod, 1 mm diameter, 

therefore rc = 0.0005 m. The calculation gives the ideal traction force of 6.6 mN. The ratio of 

practically obtained thrust to theoretical one is equal to the ratio of theoretical efficiency to 

practical. The theoretical to experimental thrust ratio is 0.712; average power consumed by 

the thruster is 3151 W. With a maximum theoretical efficiency of 50 %, the heat loss power 

would be 1576 W, but the practical efficiency of the thruster is lower, and judging by the ratio 

of theoretical to practical thrust, it is 35.6 %. Then the heat loss power in the thruster is 

2029 W (~2 kW). This value of the thermal power obtained by the calculation corresponds to 

the value for MPDO determined experimentally, which also confirms their correctness. 

1.4. The experiments confirmed the limited lifetime of thrusters without a cooling system. 

Based on their analysis, the author makes a decision that the causes of overheating and 

destruction of the thruster anode are electronic bombardment of the anode, which is explained 

by the following. Since the mass of the negative ion ‒ electron is 5.485 799 090 65(16) ⋅ 10
–4

 

amu and this is near 10
5
 times smaller than the mass of the positive ion of argon that is 

39.948(1) amu.  It means that the electron velocity is near 10
5
 times higher than the speed of 

positive ions of argon in the equal force field of the electrode system. And moreover, the 

acceleration vector caused by the action of the Lorentz force for electrons has the opposite 

direction (from the nozzle exit to the influx of a non-ionized working fluid, that is, the 

electrons “return” to the thruster’s acceleration channel). Accordingly, most electrons from 

the plasma stream bombard the anode and heat it, while positive ions accelerate and leave the 

thruster, creating reactive thrust. 

1.5. The data obtained from the tests allowed the author to formulate initial information 

for the design of the thruster cooling system: 

 The average electric power of the thruster in maximum traction mode is 3151 W, and 

the average traction is 4.7 mN with an average current of 137 A. 

 Since the power of heat losses is the load for the cooling system, the value of 2 kW 

should be taken as the design input power Qin of the EPT cooling system. 

2. Tests of a similar thruster equipped with a cooling system designed in accordance 

with the model and calculation algorithm, developed by the author 

2.1. The total lifetime of the thruster, equipped with a cooling system was 5387 s, which is 

406 times higher than the average lifetime of the same thruster without a cooling system. At 

the same time, at the end of experiments in the MPDO mode, the thruster remained 
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operational and underwent further tests in the MPDE mode. Operating lifetime in MPDE 

mode was 4347 s, thus, the total thruster operating resource was 9734 s, which is 734 times 

greater than the average MPDO resource without a cooling system, while finally the MPDE 

thruster also remained operational. 

2.2. During experiments with the thruster long-term operation, the temperature of the 

coolant was measured to determine the heat power removed from the electrode system by the 

cooling system. The results of measurements and calculations are given in Table 7.1. 

Table 7.1 

Results of Measurements and Calculation of Thermal Power 

No. 

of 

test 

Refrigerant 

temperature 

growth, °C 

Refrigerant 

mass, kg 

Quantity of 

heat, received 

by refrigerant, 

J 

Thruster 

failure 

time, s 

Heat 

power 

received, 

W 

Heat 

power 

load, W 

5 3.7 12.51 193 618.5 600 322.6975 1936.19 

6 3.8 12.51 198 851.5 600 331.4191 1988.51 

7 3.9 12.51 204 084.4 600 340.1406 2040.84 

8 3.0 15.00 188 235.0 600 313.725 1882.35 

9 3.1 15.00 194 509.5 600 324.1825 1945.1 

10 28.5 15.00 1788 232.5 1817 984.1676 1949.92 

 

2.3. Analysis of the results show that the average value of the experimentally obtained 

load power of the cooling system is 1957.15 W and the maximum deviations are within 

+4.2 % to ‒1 %.  

The estimated load value of the cooling system is 2000 W. The deviation of the obtained 

average value from the calculated one is 2.1 %, which fits into the general limits of the 

maximum error of the entire measuring system and test bench (10 %). Thus, the value of the 

calculated (simulated) thermal load of the cooling system can be considered experimentally 

confirmed.  

3. The experimental results confirm the following 

 The fact of a significant increase in thruster lifetime in the presence of a cooling 

system. 

 Determination of correctness of the results obtained by the author: a mathematical 

model of a cooling system, an algorithm for its calculation and manufacturing 

technology and their comparison with the results of experiments and comparison with 

the results of studies of other authors. 
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SUMMARY AND CONCLUSIONS 

1. The Thesis presents theoretical, methodological and experimental approaches for 

increasing the lifespan (resource) and growing the efficiency of powerful electric 

rocket thrusters (electric propulsion thrusters, i.e., EPT) based on improving the 

cooling systems for elements of EPT structures. 

2. A methodological manual, a physical and mathematical model, and an algorithm, as 

well as software for calculating the parameters of the EPT cooling system have been 

developed. 

3. An experimental facility and test bench were designed and made, a series of 

experiments were performed with a Magneto Plasma Dynamic Ion-Plasma Thruster 

with its own magnetic field without a cooling system (MPDO) and with a cooling 

system developed by the author. Based on the analysis of the results of these 

experiments, the author presented evidence that the cause of overheating and 

destruction of the thruster anode is electron bombardment of the anode. 

4. After calculating, designing and manufacturing the cooling system, which made it 

possible to multiply the MPDO lifespan, the author made a Magneto Plasma Dynamic 

Thruster with an External Magnetic Field (MPDE) based on the same electrode 

system, equipped with the cooling system. This change made it possible to increase 

the MPDE thrust for the same discharge chamber as the MPDO had by more than an 

order of magnitude, wherein saving thruster lifetime (resource) also. 

5. Practical recommendations have been formulated that can be applied in the design and 

development of EPTs with cooling systems. 

6. The author’s findings are based on verification, i.e., comparing the results obtained at 

several objects and comparing the results obtained by calculations and experiments, as 

well as assessing the correctness of the experimental results. 

Suggestions for further research  

For the further development and implementation of EPT cooling systems, according to the 

author, it is necessary to perform research in two directions: 

1. It is necessary to develop and produce a direct-flow type MPDE EPT and a 

corresponding test facility with an electric power of tens of kilowatts in a continuous 

mode and megawatts in a pulsed mode using various gases prevailing in the 

atmospheres of the planets of the Solar system as a working fluid, including 

atmospheric air. The EPT can use a supercapacitor battery as a pulse- energy storage 

device, and it is possible to use ethylene glycol and similar reagents as a coolant, 

which allows achieving an operating range of the heat dissipation subsystem –80 °C to 

+130 °C, as well as ensuring the integrity of the cooling system during temporary 

freezing. 

A positive result of research will make it possible to create cruising and correcting 

spacecraft thrusters with a thrust of hundreds of Newtons in a pulsed mode and a 

specific impulse in a dense atmosphere of about 500 s and an order of magnitude more 
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in a rarefied atmosphere, with a resource of hundreds of operation hours. That is, it 

will make it possible to completely replace chemical engines of the same class with 

significant savings in spacecraft mass and, thereby, increasing the payload. 

2. It is necessary to perform research on the development and manufacture of MPDE 

EPT with a cryogenic cooling system that uses high-temperature superconducting 

magnets to create an external magnetic field. Such a thruster can have a power of the 

order of several megawatts in continuous mode and hundreds of megawatts in pulsed 

mode, which will make it possible to achieve a thrust of hundreds of kilonewtons in 

pulsed mode with a specific impulse in vacuum of the order 2000‒5000 s and in the 

atmosphere of the order 500‒700 s. 

Research in this direction will make it possible to create the technology, which will be 

an alternative to environmentally not-friendly chemical rocket engines, with a 

decrease in the mass of launching systems and spacecraft and an increase in their 

payload. 
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